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MEASURED AND CALCULATED F L O W  CONDITIONS 

ON THE FORWARD FUSELAGE OF THE x-15 AIRFLANE AND 

MODEL AT MACH NUMBEBS FROM 3.0 TO 8.0 

By Murray P a l i t z  
F l igh t  Research Center 

SUMMARY 

Impact-pressure and surface s ta t ic-pressure measurements obtained from 
the X-15 configuration i n  f l i g h t  and wind-tunnel tes ts  are presented and com
pared with calculated r e s u l t s .  F l igh t  and wind-tunnel data a r e  presented f o r  
angles of a t tack  of 0" t o  18"and 0" t o  20°, respectively,  and free-stream 
Mach numbers from 0.8 t o  5.5 and 2 . 3  t o  8.0, respect ively.  

In  regions near the body, the impact-pressure and surface s ta t ic-pressure 
measurements from f l i g h t  and wind tunnel a t  angles of a t tack  were used t o  
derive l o c a l  Mach numbers. The r e s u l t s  are  compared with values obtained by 
using methods developed from simple flow models. The f l i g h t  and wind-tunnel 
Mach number p r o f i l e s  f o r  a detached-shock (spherical ,  o r  blunt ,  nose) 
configuration a t  zero angle of a t tack  agree with numerical solut ions of 
Moeckel-Love and Inouye-Lomax. Wind-tunnel impact and surface s t a t i c  pressures 
f o r  an attached-shock (conical,  or pointed, nose) configuration (free-stream 
Mach numbers of 4 .7  t o  8.0) agree with the method-of-characteristics solut ion 
f o r  zero angle of a t tack .  

INTRODUCTION 

As Mach number increases,  l a rge  flow gradients  a r e  induced near the sur
face of blunt  bodies by the  detached and rapidly at tenuat ing shock wave. 
Typical wind-tunnel invest igat ions of t h i s  e f f e c t  on two- and three-dimensional 
bodies a r e  reported i n  references 1 t o  6.  This development a f f e c t s  the char
a c t e r i s t i c s  of the boundary layer ,  p a r t i c u l a r l y  the heat  t r a n s f e r .  

Early analyses of X-15 f l i g h t  heat- t ransfer  data ( r e f s .  7 t o  9) were based 
on calculated values of the  local-flow conditions.  The r e s u l t a n t  differences 
between measured and predicted heat  t ransfer  were thought t o  be p a r t i a l l y  due 
t o  an incomplete knowledge of the  l o c a l  f l u i d  proper t ies .  Subsequently, a 
f l i g h t  invest igat ion w a s  made t o  determine the extent  and character  of the  
l o c a l  flow on the X-15 airplane i n  order t o  a id  i n  t h e  i n t e r p r e t a t i o n  of the  
measured heat- t ransfer  data. The r e s u l t s  of the  flow-field invest igat ion on 
the  forebody of t h e  X-13 are presented and analyzed i n  t h i s  paper. F l igh t  d a t a  



are shown f o r  t h e  Mach number range of 0.8 t o  5.5 at Reynolds numbers from 0.5 
to 2.0 x 106 per  foot .  Relevant fu l l - sca le  s ta t ic-pressure d a t a  obtained from 
previous X-13 f l i g h t s  a r e  reported i n  reference 10. Some l o c a l  Mach number and 
surface s ta t ic-pressure results obtained from t h e  wedge-shaped upper v e r t i c a l  
f i n  on t h e  X-15 w e r e  reported i n  reference 11f o r  both a cy l indr ica l  and a 
sharp-leading-edge configuration. 

Wind-tunnel s tud ies  of the local-flow c h a r a c t e r i s t i c s  on an X-15 model 
were reported i n  references 12  and 13.  These r e s u l t s  and r e s u l t s  from more 
recent wind-tunnel invest igat ions a r e  compared herein with the fu l l - sca le  
f l i g h t  da ta .  I n  addition, calculat ions obtained by using several  simplified 
a n a l y t i c a l  flow models a r e  compared with the r e s u l t s  of t h i s  study. 
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SYMBOLS 

pressure coef f ic ien t ,  	 (P - Pco) 
0 7pm@ 

Pi, - Pc4 
Newtonian constant, 

0 - 7p,k2 

airplane length (594), inches 

Mach number 

s t a t i c  pressure 

impact pressure,  t o t a l  pressure behind normal shock 

surface s t a t i c  pressure 

ux
Reynolds number, 

veloci ty  

dis tance measured along the center l ine  of the  airplane from the  
ball-nose stagnation point,  inches 

dis tance measured from the surface perpendicular t o  center l ine 
f o r  model t e s t s ,  inches 

dis tance measured perpendicular t o  surface for f l i g h t  t e s t s  
( f i g .  4), inches 

angle of a t tack,  degrees 

surface angle with respect t o  free-stream flow 



0 surface inc l ina t ion  i n  the  d i r ec t ion  of the  forward stagnation 
region, with respect  t o  body center l ine  ( see  f i g s .  2 and 4) 

Y dynamic v i scos i ty  

cp circumferent ia l  angle ( f i g .  4)  

Subscripts : 

2 l o c a l  conditions 

co f r e e  stream 

V E H I C U  DESCRIPTION 

Airplane 

A three-view drawing of  t he  X - 1 5  airplane i s  shown i n  f igure  1. The fo r 
ward fuselage cons is t s  of a spher ica l  f low-direction sensor ( r e f .  14) f a i r e d  
i n t o  an ogive through two t runcated cones ( f i g .  2 ( a ) ) .  The ogive i s  generated 
f r o m t h e  arc  of a 700-inch-radius c i r c l e ,  whose center  i s  a t  x = 188 inches 
and 672 inches f r o m t h e  center l ine .  The ogive forebody i s  tangent t o  the  
cy l ind r i ca l  af t  region a t  x = 188 inches. 

Further d e t a i l s  on the  X-15 configuration a re  presented i n  reference 10. 

Model 

A l / l 5 - sca l e  model of t h e  X-15 was used i n  the  wind-tunnel t e s t s  consid
ered i n  t h i s  paper over t h e  Mach number range f r o m  2 .3  t o  8.0. I n  addition t o  
t h e  spher ica l  (b lunt )  nose, a conical  13' half-angle cone was used t o  provide 
a n  attached-shock (pointed) configuration. The blunt- and t h e  pointed-model 
nose a re  compared i n  f igure  2 (b ) .  Surface-pressure o r i f i c e s  along t h e  lower 
center l ine  of  t h e  model were used t o  obtain da ta  f o r  these  t e s t s .  

Deta i l s  of the  model geometry and pressure-or i f ice  locat ions axe presented 
i n  references 12 and 13. 

INSTRUMENTATION 

Fl ight  

P i t o t  rakes were i n s t a l l e d  at severa l  accessible  loca t ions  on t h e  airplane 
fuselage,  p a r a l l e l  t o  t h e  l o c a l  r ay  or ig ina t ing  at t h e  forward stagnation 
point ,  and perpendicular t o  t h e  surface.  A photograph of a t y p i c a l  rake in
s t a l l a t i o n  i s  shown i n  f igu re  3. Location and dimensions of t h e  rakes and 
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local surface geometry are presented in figure 4. The rakes were constructed 
from Inconel tubing, bent to shape and sandwiched between Inconel plates. 
Static-pressure orifices, flush with the surface, were located within 2 inches 
of the base of the rakes. Aerodynamic design information for the rakes was ob
tained from wind-tunnel investigations such as those of references 15 to 19. 

Flight measurements were obtained from standard NACA aneroid-type 
manometers or electrical transducers in combination with 36-channeloscillo
graphs. Both systems reflected a ray of light continuously on film. A 
typical aneroid cell is shown in figure 5. Both systems gave pressure reagiings 
with an accuracy of about 1 percent of the pressure range of the instrumenta
tion. It is estimated that this percentage error resulted in a 2-percent 
accuracy for the impact-pressure measurements, whereas the accuracy of local 
static-pressure measurements varied with pressure level from 2 percent at 
x = 20 inches to 10 percent at x = 188 inches. 

Angles of attack and sideslip and free-stream impact pressures were ob
tained from the flow-direction sensor (ref. 14). A timer synchronized all 
onboard records. Altitude and velocity were obtained from radar tracking, and 
free-streamproperties were derived from radiosonde measurements through the 
use of techniques discussed in reference 20. 

Wind Tunnel 


Model tests to obtain impact-pressure and surface static-pressure data 

were conducted at the Arnold Engineering Development Center (AEDC) and the NASA 

Langley Research Center. 


The impact-pressure surveys were made at several stations along the lower 
centerline of the model. The surveys were made perpendicular to the centerline 
of the model, from the surface of the shock, by a traversing probe. The tests 
at M, = 4.7 were made in the Langley 4-by &-foot Unitary Plan Wind Tunnel 
and at Moo = 8.0 in the AEDC von K6rm;n Gas Dynamics Facility Tunnel B. 

The surface static pressures were obtained at Langley for Moo = 2.3, 2.88, 
and 4.65,and at AEDC for M o o =  4.0, 5.0, 6.0, and 8.0. 

Detailed information on the wind-tunnel recording instrumentation is 

included in references 21 to 23. 


PRESENTATION OF FBSULTS 

All pressure data presented are nondimensionalized with respect to free-

stream conditions. Static pressure is presented as a ratio of local static 

pressure p2 to free-stream static pressure p,, and measured impact pressure 


as a ratio of local impact pressure pi2 to free-stream impact pressure pi,. 
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These quan t i t i e s  are the  t o t a l  pressures  behind the  normal shock ahead of each 
probe i n  the  flow f i e l d  p i2 and f r e e  stream p .

1, 
. This approach simplified 

co r re l a t ion  between f l i g h t ,  wind tunnel,  and theory.  

The coordinates of t he  wind-tunnel-model t e s t  r e s u l t s  are presented i n  
terms of f u l l  sca le .  Local Mach numbers were obtained by using the  Rayleigh 
p i to t - tube  formula based on the  surface s t a t i c  pressures  and the  measured 
impact pressure through the  flow f i e l d .  F l igh t  data ,  comparative wind-tunnel 
data ,  and t h e o r e t i c a l  r e s u l t s  are presented i n  figures 6 t o  21. For conven
ience, f l i g h t - t e s t  and wind-tunnel-test conditions are presented i n  the  
following tab les :  

FLIGHT TEST CONDITIONS~ 

Mm 

2.1 < M, < 5.5 

4.7 

3.2 < M, < 5.1  
0.8< M, < 5.4 

3.0 

4.0 

4.7 

5.4 

x, i n .  Figure 

20, 52, 74,
138, 188 
20, 52, 74,
138,188 

20 
74 

20 

20 

20 

20 

a F l i g h t  Reynolds number varied from 0.5 t o  2 .0  x 106 per foot .  

x, inches 
y, deg 

45 

4.7 0 

4.7 5 
4.7 10 

4.7 20 

8.0 0 B, p 

8.0 5 P 

8.0 10 B,P 

8.0 15 
8.0 20 

bP denotes pointed (conical)  nose 

WIND-TITNNEL-TESTCONDITIONS 

c t  pressures 

Nose configurationb 
Unpublished da ta  

source 

Langley 4- by h-foot 
Unitary Plan tunnel 

AEDC von K&&n G a s  
Dynamics Faci l i ty
Tunnel B 

NRe Per 
f o o t  

3.2  x io6I

3.4 x 106 

14(a) t o  14(d) 
14(a) t o  14(d) 
14(a) t o  14(d)I 14(a) t o  14(d) 

B, blunt ( spher ica l )  nose. 
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WIND-TITNNEL-TESTCONDITIONS 

Surface s t a t i c  pressures  

Nu 

2.3 0 

2.9 0 

4.O 0 

4.7 0 

4.7 5 
4.7 10 

'1.7 20 

5 -0  0 

6 .o 0 

8.0 0 

8.0 5 
8.0 10 
8.0 15 
8.0 20 

Nose configurat ioni  

B 


B 

B 


Data source 

Langley 4- by 4-foot 
Unitary Plan tunnel  
( r e f .  24) 

Langley !+- by 4-foot 
Unitary Plan tunnel  
(ref. 24) 

AEDC von K&" Gas 
Dynamics F a c i l i t y  
Tunnel A 

Langley 4- by 4-foot 
Unitary Plan tunnel  

AEDC von K&" Gas 
Dynamics F a c i l i t y  

1 

AEDC von K&" Gas 
Dynamics F a c i l i t y  
Tunnel B 

~. 

NRe Per  
f o o t  

~ 

2.7 x lo6 

5.2 x lo6 

3.4 x 106 

3.2 x lo6

1

3.4 x 106 

aP denotes pointed (conica l )  nose; B, b lunt  ( s p h e r i c a l )  nose. 

DISCUSSION OF RESULTS 

Surface S t a t i c  Pressures 

F l igh t  measurements, i n  t he  form of normalized surface s t a t i c  pressures,  
a r e  shown i n  f igure  6 as a funct ion of free-stream Mach number f o r  several  
fuselage s t a t i o n s  a t  zero angle of a t tack .  The f igu re  a l so  includes wind-
tunnel  data obtained through in te rpola t ion ,  and t h e o r e t i c a l  r e s u l t s  from the  
detached-shock solut ion of Inouye-Lomax. F l igh t ,  wind tunnel,  and predicted 
surface s t a t i c  pressures  agree a t  a l l  s t a t ions  except x = 188 inches.  The 
deviat ion of f l i g h t  data from wind tunnel  and theory a t  t h i s  loca t ion  i s  be
l ieved t o  be caused by the  flow-interference e f f e c t s  of an antenna t h a t  extends 
5 inches from the  surface ( f r o n t a l  diameter approximately 0.7 inch) and i s  
located 36 inches forward of the  o r i f i c e  and a flush-mounted antenna (recessed 
approximately 0.06 inch) located approximately 3 inches forward of t he  o r i f i c e .  

Surface s ta t ic -pressure  r a t i o s  obtained from f l i g h t  and wind-tunnel t e s t s  
a r e  shown i n  f igu res  7(a) and 7(b) .  The data a r e  presented as a function of 
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longitudinal distance along the lower centerline of the X-15 over the angle-of

attack range from 0"to 20" and are compazed with results obtained from the 

theoretical solutions for the blunt- and pointed-nose configurations and from 

several simplified flow models, as discussed in the appendix. 


The Inouye-Lomaxprediction of the normalized surface pressures at zero 

angle of attack for the blunt-nose configuration indicates an overexpansion of 

the flow around the shoulder at the sphere-ogive junction. This expansion 

results in surface static pressures lower than predicted by the pointed 

(attached shock) method of characteristics. The wind-tunnel data obtained at 

X - 0.03 for a blunt- and a pointed-nose configuration also indicate that this
2 
expansion takes place and, furthermore, that the effect of nose configuration 
in this region extends to at least a = 10" at M, = 4.7 and 8.0. The effect 
of nose configuration on the normalized surface pressures is small for 

X
-2 > 0.08 over the angle-of-attackand Mach range considered. 

The effect of angle of attack for the ogive section of the model (between 

X -2 = 0.08and 0.33) is most closely predicted by the modified Newtonian theory 
at M, = 4.7 and the conical-shock-expansion method at & = 8.0 for angles 
of attack of 10"and above. 


Impact Fressures 


Zero angle of attack.- Impact-pressure measurements obtained in flight at 
x = 20 inches on the lower centerline of the X-15 are shown in figure 8(a). 
The data are plotted as a function of free-streamMach number and are compared 
with results obtained from the Inouye-Lomax solution. The flight data up to 
1.25 inches from the surface are lower than the calculated results. This is 
attributed to a disturbance originating off the lip of the spherical nose-
cone junction. The data above 1.25 inches show better agreement, both in level 
and in trend, with the calculated results. 

Figure 8(b) presents impact-pressure ratios obtained at x = 74 inches at 
two circumferential locations. The data are compared with wind-tunnel 
measurements and results from the Inouye-Lomax solution. These impact-pressure 
ratios, at zero angle of attack for both flight and wind tunnel, show good 
agreement with the theory at this station. There is no indication of effects 
from circumferential location. 

Impact-pressure ratios plotted as a function of distance from the surface 

are presented in figures g(a) and g(b) and lO(a) to 10(d) for the X-13 wind-

tunnel model with a pointed- and a blunt-nose configuration. These data 

surveyed from the lower centerline of the 1/15-scale wind-tunnel model are 

conpared with results obtained from the theoretical solutions for blunt- and 

pointed-nose configurations. 
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The normalized impact pressures  show a d i s t i n c t  e f f e c t  of nose configura
t i o n  on the  l o c a l  flow. For example, a change from a detached- t o  an attached-
shock configuration (b lunt  t o  pointed) r e s u l t s  i n  a reduction i n  both the  
va r i a t ion  of the  impact-pressure curve from t h e  surface t o  t h e  shock and i n  
t h e  v e r t i c a l  loca t ion  of the  shock wave. It a l so  r e s u l t s  i n  an increase i n  
the  l e v e l  of t h e  impact-pressure curves f o r  values of x less than 74 inches. 
The agreement i n  l e v e l  and t rend of t he  impact pressures  a t  74 inches and 
beyond ( f i g .  l 3 ( c ) ) ,  f o r  heights  g rea t e r  than 2 inches from t h e  surface,  
results from t h e  rapid at tenuat ion of t he  detached shock wave t o  the general  
shape and s t rength  of t h a t  associated with the  attached shock. The i n i t i a l  
shear-layer development (caused by the  rap id ly  changing shock-wave shape i n  the  
stagnation region) i s  r e l a t ed  t o  the  increase i n  cross-sect ional  area with in 
creasing longi tudina l  dis tance.  This increase i n  cross-sect ional  a rea  r e s u l t s  
i n  a g rea t e r  wetted area on the  ogival  forebody. Conservation of m a s s  and mo
mentum within the  shear l aye r  i n  combination with the addi t iona l  wetted a rea  
has the  e f f e c t  of decreasing the  height of t he  shearing region as the  flow 
progresses over t he  forebody, thus l imi t ing  configuration e f f e c t s  a t  
x = 74 inches t o  approximately 2 inches from the  surface.  

The Inouye-Lomax solut ion p red ic t s  the  l eve l ,  shape, and shock loca t ion  of 
t he  inv isc id  shear l aye r  but overestimates the  impact pressure a t  
x = 27 inches. This theory adequately p red ic t s  the  l e v e l s  of the  shearing 
l aye r  a t  the other  loca t ions .  

Ef fec t  of angle of attack.- Normalized impact-pressure measurements ob
tained i n  f l i g h t  a t  x = 20 inches a re  presented i n  f igu res  l l ( a )  t o  l l ( d )  a t  
four  representat ive free-stream Mach numbers f o r  angles of a t t ack  up t o  17".  
The d a t a  are shown as  a funct ion of  dis tance y' from t h e  surface.  The 
normalized impact pressures at  angles of a t t ack  above 11"exh ib i t  a sharp 
pressure d iscont inui ty .  This pressure jump i s  c h a r a c t e r i s t i c  of the  e f f e c t  of 
an embedded shock i n  the  flow f i e l d .  The development of the  shock system i n  
the  forward a rea  of the  f l i g h t  vehicle i s  s i m i l a r  t o  the  shock system i n  the  
sch l ie ren  photographs of  f i gu res  12(a )  t o  12(d)  . The configuration photo
graphed i s  t h a t  of a preliminary design flow-direction sensor c losely 
resembling the  X-15 f l i g h t  instrument i n  general  shape. The divergences i n  
shape between the  model and f l i g h t  instrument do not a f f e c t  the qua l i t a t ive  
p i c tu re  of t he  i n t e r n a l  shock development. This development, over the  angle
of-at tack range considered, of the  bow shock and the  embedded shock off  the l i p  
a t  the junction of the  sphere and cone can be seen i n  the  f igu re .  

The normalized impact-pressure da t a  obtained from t h e  model surveys a t  
angles of a t t ack  up t o  20" f o r  the  pointed- and the  blunt-nose configuration 
are presented as a function of height y from the  surface i n  f igu res  l3 (a)  t o  
l 3 ( c )  and 14(a )  t o  1 4 ( d ) .  The l e v e l  of the  impact pressure increases  with 
angle of a t tack ,  whereas the v e r t i c a l  extent  of the flow f i e l d  i s  reduced. The 
e f f e c t  of nose configuration i s  not s ign i f i can t  f o r  x = 45 inches ( f i g .  14 (b ) )  
o r  74 inches ( f i g .  1 4 ( c ) )  f o r  angles of a t t ack  above 5 ' .  The normalized impact 
pressures  a t  x = 192 inches a re  presented i n  f igu res  l 3 ( c )  and 14 (d ) .  The 
measurements agree with r e s u l t s  obtained from the  Inouye-Lomax solut ion at zero 
angle of a t t ack  and show the  same t rends as the  o ther  longi tudina l  s t a t ions  
with increasing angle of a t tack .  
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Mach Number P ro f i l e s  

Zero angle of attack.- Mach number d i s t r ibu t ions  through the  flow f i e l d  
obtained from the Inouye-Lomax so lu t ion  a re  presented a t  severa l  selected 
s t a t i o n s  along the  sphere-ogive-cylinder (X-15 shape) i n  f igu res  l5(a) and 
l 5 ( b ) .  The d i s t r i b u t i o n s  are shown f o r  Mco = 4.7 and 8.0 as functions of 
height from the  surface.  The Mach number l e v e l  increases  with longi tudina l  
dis tance.  This .increase i n  l o c a l  Mach number r e s u l t s  from the expansion of t he  
flow around t h e  ogive forebody and reaches a maximum behind the  ogive-cylinder 
junction (x = 192 i n . ) ,  ind ica t ing  a s l i g h t  overexpansion of t he  flow i n  t h i s  
a rea .  The flow recovers t o  a r e l a t i v e l y  constant value a t  x = 350 inches. 

The t h e o r e t i c a l  ca icu la t ions  from the  Inouye-Lomax so lu t ion  f o r  t he  l o c a l  
s ta t ic -pressure  va r i a t ion  through the  flow f i e l d  a re  presented i n  f igu res  16(a) 
and 16 (b ) .  The l e v e l  of t h e  normalized s t a t i c  pressures  decreases with in
creasing dis tance back from t h e  nose region. This r e s u l t s  from the  longi tudi 
n a l  expansion of t he  flow around the  ogive forebody. The s ta t ic-pressure 
var ia t ion  through the  flow f i e l d  i n  the  region between x = 15 inches and 
x = 27 inches i s  approximately constant up t o  3 inches from the  surface i n  
both the  va r i a t ion  through the  flow f i e l d  and longi tudina l  gradient  on the 
surface.  Therefore, the surface s t a t i c  pressure w a s  assumed t o  be constant 
through the  flow f i e l d  a t  x = 20 inches f o r  the ana lys i s  of t he  f l i g h t  data ,  
even though the  impact pressures near the  surface showed the  e f f e c t s  of a 
shock off the  l i p  of the  flow-direction sensor. 

The l o c a l  Mach numbers, derived from the  impact- and surface s t a t i c -
pressure measurements, a re  presented from f l i g h t  i n  f igu res  l7(a)  and 17(b) 
and from wind-tunnel t e s t s  i n  f igure  18. These values a re  compared with 
r e s u l t s  obtained from the  Inouye-Lomax and the Moeckel-Love methods. Both 
methods s a t i s f a c t o r i l y  p red ic t  the  l o c a l  Mach number l e v e l  near t he  surface.  
The Moeckel-Love method, which i s  r e l a t i v e l y  easy t o  use, can predic t  the l o c a l  
Mach number i n  areas  where surface s ta t ic -pressure  values are known and where 
r e l a t i v e l y  s m a l l  va r i a t ions  i n  s ta t ic -pressure  l e v e l  above the  surface e x i s t .  

Ef fec t  of angle of attack.- Local Mach number data derived from f l i g h t  
impact and sur face  s t a t i c  pressures  obtained a t  x = 20 inches are  presented 
i n  f igu res  19(a) t o  l g ( c ) .  The d a t a  a re  shown as a funct ion of angle of a t t ack  
and f o r  heights  within 1.0 inch of t he  surface; t he  e f f e c t  of shock in t e rac t ion  
beyond t h i s  height i s  unknown. The da ta  a re  presented as a funct ion of angle 
of a t t ack  t o  emphasize the  r e l a t i v e l y  s m a l l  va r i a t ion  i n  Mach number a t  t h i s  
loca t ion  over the  angle-of-attack range shown. This r e s u l t  i s  believed t o  be 
due t o  the  complex nature of the flow f i e l d  forward of t h i s  area--a region of 
shock in t e rac t ion  and flow expansion behind the  sphere-cone junction. 

The l o c a l  Mach numbers derived from wind-tunnel impact-pressure data ,  
assuming a constant s t a t i c  pressure from the  surface,  a r e  presented i n  f i g 
ures  20(a) t o  20(c) and 21(a) t o  21 (c ) .  The da ta  are shown as a function of 
dis tance from the  surface f o r  angles of a t t ack  of O " ,  l oo ,  and 20". These 
values are compared with pred ic t ions  obtained by using severa l  simplified flow 
models. A s  can be seen i n  t h e  f igures ,  predicted values obtained from Moeckel-
Love and t h e  more exact  Inouye-Lomax numerical method show good agreement up t o  
a t  least 1 inch from the  surface back t o  74 inches from the  nose f o r  a = 0 " .  
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The deviation between the Inouye-Lomax Mach number values and the measurements 
in figure 21(a) results from the assumption of a constant static pressure 
through the flow field used in conjunction with the measured impact pressures 
to obtain the experimental Mach number data. This assumption is valid at 
M, = 4.7 (fig. 16(a)) where little deviation exists between the surface and 
local static-pressure values through the flow field up to 4 inches. Greater 
deviation between the local and surface static-pressure values exists at 
M, = 8.0(fig. 16(b)), particularly above 1.0 inch from the surface. 

Extending the Moeckel-Love method to angles of attack results in better 
agreement with the measured data at Moo = 4.7 (fig. 20) than at = 8.0 
(fig. 21), although in both instances neither the measured gradients nor the 
levels are satisfactorily predicted. This result is not unexpected, since the 
method does not take into account the expansion of the flow around the body or 
a change in the shock shape at angle of attack. Of the approximate flow models 
considered, the tangent-cone prediction appears to offer the closest approxi
mation to the local Mach number over the Mach number range considered for 
angles of attack greater than zero at the outer edge of the shear layer. 

CONCLUSIONS 


Comparison of surface static pressures, impact-pressure profiles, and 

Mach number profiles from the X-15 configuration in flight, in the wind tunnel, 

and calculated from theory provided the following results: 


1.Normalized surface static pressures obtained from the lower centerline 

of the X-15 forebody in flight and from the 1/15-scale wind-tunnelmodel agreed 

for locations where geometric similarity was maintained. This comparison 

covered a free-stream Mach number range from about 2.1 to 5.5 for zero angle of 

attack and angles of attack up to 20" for a free-streamMach number of 4.7. 


2. The numerical solution of Inouye-Lomax closely predicted the experi

mentally determined static pressures for the lower centerline of the X-15 

configuration for free-stream Mach numbers of 4 and above at zero angle of 

attack. The effects of angle of attack were predicted most closely by the 

modified Newtonian method for a free-stream Mach number of 4.7. At a free-

stream Mach number of 8.0 and angles of attack of 10"and above, the conical

shock-expansion method provided the best prediction. 


3. The Inouye-Lomax method adequately predicted the measured full-scale 

and wind-tunnel impact-pressure values through the shear layer at free-stream 

Mach numbers of 4 and above at zero angle of attack. 


4. The Moeckel-Love method agreed with the more exact numerical solutions 

of Inouye-Lomax at locations along the forebody where constant static pressure 

can be assumed through the flow field. 


Flight Research Center, 
National Aeronautics and Space Administration, 

Edwards, Calif., February 11,1966. 
10 




CALCULATION METHODS 

Predicted normalized impact pressures,  s t a t i c  pressures,  and l o c a l  Mach 
numbers were obtained by using t h e  method of cha rac t e r i s t i c s  and other numeric 
solut ions f o r  t he  axisymmetric body configuration a t  zero angle of a t t ack  and 
f rom methods developed from simple flow models.for angles of a t tack.  The 
methods used a re  b r i e f l y  discussed i n  t h e  following sect ions.  

Newtonian (Surface Pressures) 

This method i s  discussed i n  reference 25. The bas ic  Newtonian equation 
may be presented as 

Cp = k s i n26 

where Cp i s  t h e  pressure coef f ic ien t ,  6 i s  t h e  l o c a l  surface def lec t ion  

(surface angle w i t h  respect  t o  t h e  free-stream d i r ec t ion  of flow), and k i s  
a constant.  The above r e l a t ionsh ip  has been found t o  give reasonably good 
predict ions of pressure d i s t r ibu t ion  on bodies i f  t h e  proper value of k i s  
determined. The constant k was assumed equal t o  t h e  pressure coe f f i c i en t  a t  
t he  s tagnat ion point  f o r  t h e  cases considered, which r e su l t ed  i n  t h e  following 
modified Newtonian equation 

Tangent Cone 

It i s  assumed t h a t  t h e  l o c a l  s t a t i c  pressure i s  equivalent t o  the  pres
sure  on a cone with a semi-vertex angle equal t o  the  angle between t h e  tangent 
t o  t h e  surface and t h e  d i r ec t ion  of t h e  flow ( r e f .  26) .  Chart 7 of re fe r 
ence 27 may be used t o  obtain t h i s  value.  It should be noted t h a t  t h i s  method 
assumes a to ta l -pressure  va r i a t ion  along t h e  fuselage.  

Conical-Shock Expansion 

To apply t h i s  method f o r  a blunt  body, an i n i t i a l  cone angle i s  assumed 
( r e f .  26) .  The surface Mach number on t h i s  cone i s  determined, and flow 
quan t i t i e s  downstream of t h e  ver tex  can then be obtained by applying t h e  
Prandtl-Meyer expansion equation or using t h e  tabulated values i n  reference 27. 
This method assumes a constant t o t a l  pressure along t h e  fuselage.  
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Method of Charac te r i s t ics  

Theoret ical  predict ions f o r  t h e  pointed-nose (at tached shock) configu
r a t i o n  were obtained by using t h e  method-of-characterist ics so lu t ion  for t h e  
X-13 shape. The r e s u l t s  of this method a r e  presented i n  t h e  form of normalized 
s t a t i c  and impact pressures .  This method i s  described i n  d e t a i l  i n  r e fe r 
ence 28. 

Equivalent Body 

The body-surface contour i s  ro t a t ed  t o  t h e  desired angle of a t t ack  by a 
simple ro t a t ion  of t h e  coordinates of t h e  generating funct ion of t h e  forward 
shape. The method-of-characteristics so lu t ion  w a s  applied t o  t h e  new ai
symmetric body shape, generated from t h i s  contour. 

Inouye-Lomax 

Theoret ical  predict ions f o r  t he  blunt-nose (detached shock) configu
r a t i o n  were obtained by using a numeric procedure developed by Inouye and 
Lomax ( r e f .  29). The method uses t h e  Fu l l e r  blunt-body so lu t ion  f o r  t h e  sub
sonic and t ransonic  regions and the  method-of-characterist ics so lu t ion  f o r  t h e  
supersonic region. 

Moeckel- Love 

The procedure used t o  ca lcu la te  Mach number p r o f i l e s  i n  t h e  shear l aye r  
f o r  t h e  detached shock waves i s  out l ined i n  reference 9. The procedure i s  
based on Moeckel's method ( r e f .  30)  with Love's modification f o r  p red ic t ing  t h e  
sonic point  on t h e  shock wave ( r e f .  31). The procedure uses a stream-tube 
(conservation of mass) approach. The l o c a l  t o t a l  pressure above t h e  surface 
var ies  f r o m t h e  normal shock value a t  t h e  surface t o  a value of t o t a l  pressure 
behind the  Mach wave. 
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Figure 1.- Three-view drawing of the X-15  with ball nose.  All dimensions in inches. 
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1 6 7L - I-. in.-/ 

X = 0 in. 

(a) Airplane forebody. 

0.20-in. radius 

15O half-angle cone 

(b) Forebody of the 1/15-scale heat-transfer and pressure model. 

Figure 2.- Dimensions of X - 1 5  forward fuselage. 
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Figure 4.- Sketch of rake locations and local geometry on the X-15 airplane. 



Film d r u m 1  &Pressure cel ls  

(a) NACA manometer. Length, 16.3 inches; maximum width, 7.4 inches. 

casing\ 

diaphragm- i 

(b) Detailed view of an absolute-pressure ce l l .  

Figure 5.- A standard NACA manometer and a detailed view of an absolute-pressure-reading manometer cell. 
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Flight data 
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1.6 

1.2 

. 8  
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Figure 6.- Variation of surface static pressure with free-stream Mach number at discrete 
locations along the lower centerline of the X-15 ogival surface. a = Oo. 
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Wind tunnel Flight a,deg 
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A 108 20 
Flagged symbols - pointed nose 

Theory 

Inouye-lomax (a= 0 ' )  

+++++ Method of characteristics (a= 0 ' )  

--Modified Newtonian 
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Conical-shock expansion 
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0 .1 .2 .3 .4 .5 .6 
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(a) M, = 4.7. 

Figure 7.- Effect of angle of attack on the distribution of the longitudinal surface pressure along the 
lower centerline of the X-15. 
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(b) M, = 8.0. 

Figure 7.- Concluded. 
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Figure 8.-
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(a) x = 20 inches. 

Effect of free-stream Mach number on the measured impact pressure for 
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(b) x = 74 inches. 

Figure 8.- Concluded. 
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Nose configuration Wind tunnel Method of -
Blunt 

Pointed 

y ,  in. 
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10 
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y ,  in. 
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0 Inouye-lomax 

A Characteristics 

(a) x = 27 inches. 

d 

.4 .8 1.2 1.6 2.0 

(b) x = 74 inches. 
Figure 9.- Effect of nose configuration on the impact-pressure distribution 

from the surface through the shock. a = Oo; M,= 4.7. 
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Nose configuration Wind tunnel Method of -
Blunt 0 Inouye-lomax 

Pointed A -----Cha racteristics 

y, in. 

. 4  .8  1.2 1.6 2.0 2.4 2.8 3.2 

(a) x =  15 inches. 

- _ _  

y ,  in. 0 
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2 I 0 + 
AI 

0 1 I I I 
.4  .8 1.2 1.6 2.0 2.4 2.8 3.2 

(b) x = 27 inches.  

Figure 10.- Effect of nose  configuration on impact- ressure distribution from the surface 
through the shock. a = 08, M, = 8.0. 
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(d) x = 74 inches. 

Figure 10.- Concluded. 
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(b) M, = 44.0. 

Figure 11.- Effect of angle of attack on the impact-pressure distribution on the lower 
centerline of the X-15. x = 20 inches. 
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Figure 1 1 . - Concluded. 



(a) a = 09 (b) a = 8O. 

(c) a =  16O.  (d) a = 24O. 

Figure 12.- Schlieren photographs of flow-direction-sensor configuration at M, = 6.8 .  
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Figure 13.- Effect of angle of attack on the impact-pressure distributionM,through the flow 
field below the lower centerline of the X-15 1/15-scale model. = 4.7.  
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Figure 13.- Concluded. 
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Figure 14.- Effect of angle of attack on the impact-pressure distribution through the flow field 
below the lower centerline of the l / lS-scale  model. M, = 8.0. 
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Figure 14.- Concluded. 
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(a) M, = 4.7. 

Figure 15.- Theoretical variation of Mach number through the flow f ie ld at various longitudinal distances 
along the surface at a = 0" a s  predicted by Inouye-Lomax solution. 
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Figure 16.- Theoretical variation of static ressure through the flow field at various longitudinal distances along
the surface at u = 0E a s  predicted by Inouye-Lomax solution. 
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Figure 17.- Comparison of flight-derived local Mach number data with theoretical solutions at various 
free-stream Mach numbers. a = Oo. 
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Figure 18.- Comparison of local Mach number derived from wind-tunnel data with results from 
theoretical solutions at two free-stream Mach numbers. x = 27 :--'-i .  a = 0'. 
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Figure 19.- Effect of angle of attack on the local Mach number up to 1.0 inch from the surface. 
x = 20 inches. 

42 




---- 
---- 
-- 

x = 2 7  in. 
6 I! 

y, in. 

0 
2 3 4 

M2 

y ,  in. 

2 3 4 
Wind-tunnel data M l  

x, in. 

0 2 7  

0 7 4  
6 

A 192 

Theory 4 

Inouye-Lomax (a=00)  YI in-

Moeckel-Love 2 
_.--	 Conical-shock expansion 

Tangent cone 

Equivalent body 0 
1 

x = 74 in. x = 192 in. 

2 3 4 3 4 5 

M I  M I  

(a) a = 0". 

2 3 4 

M2 M2 

(b) a = 10". 

I !  
ilb I 4 II 

I 
I 
i 

(c )  a = 20". 

Figure 20.- Comparison with theory of local Mach number near the surface of the X-15 at various angles of 
attack and longitudinal distances.  Ma= 4.7. 
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